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DRAG, REDUCTICON BY SUCTION OF THZ BOUNDARY LAYER
| SEPARATED BEHIND SHOCK WAVE FORMATION

AT HIGH MACH NUMBERS#

| By B. Regenschelt

SUMMARY: Wilth an approuach of the velocliy of flight of
o ship to the veloclty of sound, there occurs
a conslderablc increase of the drag. The
reason for this wmust be found in the boundary-
layer separatlion cansed by formation of
shock waves, It wlll be endeavored to raduce
the drag 1ncreass by suction of the boundary
layer.

Experimental resulta showed that drag increase
mey bo conslderably reduced by this method.

It was, also, observed that, by suction,

| the posaltion of shoclk waves can be ultered

to a consldsrable extent.
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I. INTRODUCTION

Drag coefflclent of g wing with an ordinary crdss
section has a tendency tco lncrease conslderably when

. #"Versuche zur Widerstandsverringerung elnes Flugels
bel hoher Machscher-Zahl durch Absaugung der hinter dem
Gebiet unstetiger Verdichtung abgelosten Grenzschicht.®
Zentrale fi{r wissenschaftliches Berichtswesen der Luft-
fahrtforschung des Gensralluftzeugmejisters (Z#B) Berlin-
Adlershof, Forschungsbsricht Nr. 1h2h, Julyl, 1ghl.
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the veloclty of the alr flow approaches that of sound.
The reason for thls lncrease is understandeble. During
a very fast flight, there appears on the surface of the
wing profile certaln local veloclties whlch exceed the
veloclity of sound. (This phenomenon may occur even then,
when the 11ft coefficient c¢g 18 equal to zsro, and

may be entlirely due to the displacement of the air).

In its further flow, the necessary ailr-flow retardation
(the thooretical limit of veloclty must be squal to
V=0 on the tralling edge of the wing) becomes
discontlinuocus, which is in contrast with the usually
continuous air-flow phenomena in incompressible alr.

The discontinulty of retardatlon causes an
appearance of a series of shock waves, creating a
condition of a sudden decrease of wvelocity in a small
interval of dlstance truveled, vhich in its turn causes
a sudden change in density and pressure. These phenomena
are, of courss, not fres rrom wasting of energy. This
loss, however, does not constitute the principal cause of
noticeabls drag Iincreese; rather 1t must be seen in a
sudden increase of pressure (due to a formation of
unstable shock waves) which forces n separation of the
boundary layer from the wing's surface,

ITI. ARRANGEMENT POR MZASURSMENT, MODELS,
AND TEST PROCEDURE

The high-sneed wind tunnel of the AVA (open-jet
wind tunnecl) was at disposal for the measurements. It
has a test cross section 110 by 110 millimeters,

O. Walchner (1) gave a desoription of such a wind

tunnel with a slightly smaller jgt cross sectlon, A
low pressure chamber of LO-meter” volume which was
commected with the suctlon slot of the wing by a duct
was used for lnecreasing the suctlon quantity. The flow
observations were carrled out by means of the well-known
method of schllsren optics (2).

The wake behind the wing sectlon was measured with
. the ald of a Prandtl tube in order to detsrmine the
drag., The total test arrangsment is shown in figurs 1.
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- .. The .modsl wings had for wing section a digonous
clrcular-arc section of 17 percent thickness with ~
rounded nose.

Figures 2 and 3 show the Investigated wing sections.
Suction slots in the directlon of the flow were provided
for a further wing (l) according to Professor Betz!
suggestion.

The investigations were carrisd out for only one
angle of attack (a = 0°), but for different Mach- :
numbers and suctlion quantities. The first part of the
Investigation was limited to the observation of the
suction effect in the achlisren vhotograph. The
suction slot was cut in only on the side which was to
be cobscrved for this part of the Investigation. In
the second part the wskxe behind the wing was measured
_ voint by point by means of a Prandtl bSube. Now the
- suction slots were contrived on both sides.

ITI. EVALUATION OF THE RESULTS OBTAINZED BY MEASUREMENTS

Veloclty of the alr flow u and 1lts ratio to the

veloclty of sound a (Mach number = 1;-) were obtalned

in the usual manner (1), (3). The evaluatlon of results
obtalned by measurements of the wake was done wilth the
use of formula:

< >}

glving all necessary data for calculation of drag
coefflclent,
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The derivatlon of thls formula 1s given in the
appendlix, .

The symbols encomntsred in the formula signif'y the
followling quantities:

gp total preséure behind the nozzle outlet
PD total pressure tehind the nozzle outlet?
8p ~ total pressure measured 1in the Prandtl tube
Pp static pressure measured in the Prandtl tube

A correction of vualues obtained with the use of the
Prandtl tube was not necessary, because, as it was
proved by O. Walchner (1), the oerrors due to suction
pressure indlcatorwere very small for the condition of
yaw angle @ = 0, even when the Mach numberwas as high
as M =09 Our messurements were rather rough.

For more accurate measurements, the suctlon
apparstus was provided with a slide valve callbrated to
roegister the change of pressure due to the suction of
the alr per second. Vith this adjustment of the slide
valve, the pressure 4dlminution in the suction box was
determined for a perlod of about 30 ssconds. It was
fourd that, during thils perlod, the proessure was
diminished by 1to 2 parcent of the Initlal suctlion
prossure .

The volume of sucked out alr was found to be equal
to Q= %E%% which corresponds to the following measured
values: ’

40 volume of the suction box expressed Iin cublc
moters, with a suctica pressure b = 760 mm Hg

760 normal atmospheric pressure in mm Hg = 10.333 m H,0

his 18 an obvious error in the German original; es
p Iindicates statlc pressure, ppn = static pressure

behind the nozzle_outlet.
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m. P-. -increase. of.prsgsure per a time unit, in
millimeter of mercury :

k]

t time, in seconds

The obtalned G value was used for determination
of the velocity of the alr flow and for that of .
cQ-coefficient on the wing surface.

TV. RESULTS OF EXPERIMENTATION

Experiments connected with the study of the air
flow showed that boundary layer “can be influenced very
strongly by suctlon.

Figures 5 and 6 1llustrate the phenomsna of the
alr flow.

Locations of suctlon sllts are shown by arrows.
Only one slde of the wlng is shown, the other 1s covered
by suctlon apparatus.

Figure 5 shows ths results obserwvec with a suction
. 811t cut out on the TO-percent polnt of the wing chord.
! .When suctlion 1s not used (ﬂQ = 0), the first shock wave

' appears at the 50-percent point of the chord length

' (approximately); at 70-percent point, there begilns
another shock wave, whose direction opposes slightly
that of the air flow, At 80-percent point, a third
shock wave 1s seen.

When suction 1s used, a conslderable change in the
schlleren picture of the alr Iflow 1s qulte notliceabls,
even when the sucled-out alr quaentlty coeffleclent
cqp 1s as small as cpp = 0. 002y, (The subscript E

indicates that suctlon 1s used only on ons side of the
wing; when it is used -on hoth sides cp-symbol 1is used,

and 1s spproximately equal to o = 0.0048 when oqe 18

equal to 0.002l;,) TIn this case, the first shock wave does
not begin on the wing's surface, but is formed 1ln the

free air flow above. The boundary layer,which has been
definitely separated when cq Was equal to zero (cg = 0),

now adheres to the wing's surface to the very suction slit,.
The second shock wave is almost vertical, and the third is
defined very feebly.
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*  When coefficient CQE reaches Q0049 -value, the

first shock wave is very woak; the second wave 1is
notlceably moved aft from the suctlon sllt and 1s bent

in the direction of the air flow; the thilrd wave
fraotioa113~ disappeared., The boundary layer 1s visible;
n the neighborhood of the slit it becomes gradually
thinner, as 1t 1s sucked out.

Filgure 6 1s a study of the alr-flow conditions when
the suctlon slit 1s cut out ahead of the shock waves,.
In thlis case, the slit was made at the 30-percent point
of the wing'!s chord. When suction is not used, two
distinctly outlined shock waves appear along the wing
surface. The first, at (approximately) the 30-percent
point of the chord 1lsength, 1is caused by the lnterference
of the suction sllt. The second wave apnears automatically
at (approximately) the 60-perceni point of the chord.
Ahesad of the second shock wave a fesble third wave 1is
formed. Between the flrst and the -second waves there
1s a definitely thick boundary lgyer.

When suction 1s used, the first shock wave recedes
to the trailling edge of the slit and 1s very sharply
outlined. Over the slilt, there occurs a change in the
bending of the flrsat shock wave. The seccnd shoclk wave
1s glso more pronouncadly bent in the directlion of the
alr flow and, which 1s very noticeable, 1ls displaced aft,
The distances by which the beginning of the sscond shccek
wave was shifted on the surfece of the profile when
suction was applied ia shovm in figure g.

The boundary leyer betweon the firsat and the -
second shock waves became wuch thinner, A very feeble
condensation lline 1s seen betweon the top of the first
shock wave and the bottom of the second.

A comparison between figures 5 and & glves an
impression that the positlion of the shock waves is more
definite 1n the last case. Furthermore, boundary -layer
separation, as seen in figure 5, without the use of
suctioh, does not appear in figure 6, which was taken
when suctlion was applied,

Measurements of the wake were teken with the use of
two disgonelly cut slits and one silt cut in ths direction
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..of the wing's length. .The results of these measurements

are shown In figures 7 and 8. A slanting slit at
TO-percent of the wing chord was found to be superilor
to two other arrangements for Mach number M =0.9.
When op was as low as 0.00;, the drag diminution

became apparent.

A wing with a slenting slit at 85-percent of the
chord hed a slightly grester drag than the wing with a
8lit cut out at TH~-percent of the chord, when Mach -
number M was equal to 0.9 (M =0.9), and ecq = O,

The curves representing the drag for both arrangements
(8lit cut out at B5-percent snd 70-percent polnts of
the chord) are similar, when suction 1s used (cQ = 0);

the simllarlity begins with e rather lurger quantity of
sucked-out air,

Measurements with a slit cut cut in the longltudinal
direction ave, generally speakling, couvenient for larger
drag valuea, In this case, a true dras value could not
be measured. In order to obtain arn approximately
correct drag wvalue, the drag snonld be measured in many
points clong the wing span, and the avorage of the
regults taken. Our exrerimaintal arvmaratus was not
adapted for such a process of measurcement.

It sppearsa that a wing cection with a very high drag
had been chosen for thias experimsntetion.

V. CONCLUSION

The problem of the present recpcrt ccnsisted in
proving that the drag of the wing proflle appearing
with high veloclty of the alr {low can be diminished by
the use of suctlon producing devices,

Experiments performed with simple lmplements
showed thaet with a larger quantity of sucked-out air,
there occurresd a considerable Aininution of the drag.
Among different arrangementsof suctlion apparatus, the
most favorable was that having Lthe suction slit at the
TO-percent point of the wing chord (0.77). From
schlisren photographs of the air Tlow, it may be
assumed that suction slit placed shead of the reglon
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of shock wave formation 1s also not entirely ineffective
wlth regard to drag diminution. Such arrangement was not
used for testing the wake; an arrangement having one
suction sllt before and the other behind the reglon of.
shocx wave formatlion was not used also. Durlng the
performance of the experiment sefficlency of suction
"apparatus was very high wilth respect to the quantity

of sucked-out alr and the losses 1in the suctlon condults,
" Therefore, a direct use of results obtained in this

work should not be entirely poaslble in the airplane
technlque.

Further experiments must be performed for an invesati-
gation of this Iinteresting physical phenomenon. This
research will, perhaps, provide the posslbility of
obtalning such results which could be used in actual
practlce.

I should 1like to thank Mr, Ludwieg for his valuable
asslstance in performance of thls work,

Translated by N. S. Msdvedeff
Goodyear Alrcraft Corporation
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VI. APPENDIX

DERIVATION OF FORMULA FOR DETERMINATICN OF DRAG FROM
MEASUREMENTS OF WAKE AT HIGH VELCCITIES
OF THE AIR FLOW
A formula for drag evaluation wus derived on the

basis of equations glven by Krarier and Doetsch on the
one hand, and Jones on the cther hand, (L), (5).

According tc these asquatlons:

W=1b J' P, 7, (UO-UZB iy, ¥1lograms
N

-

where: TU; and @; are, respectively, the velocity

i and the density in the cross sectiom under conslderaticn,

Ug 1s the wind velocity far aheud of the wing, and

Uy 1s the wind veleoclty fur beuini thw wing, b 41is the

span length of the wlng.

In the wind tunnel the followlng condltions were

created:
Ug = Up wind veloclty dirsctly m:ichind the nozzle
Uy = Up wind veloclty measured by Prandtl tube

directly behind the wing

For the evaluatlon of the velcclty of the alr flow,

the following equations were obfoinsd by transforming
the Saint-Venant relatiorshin-

b= -ﬁ— \ ) -
Up “b/; = l‘ﬁ%) \PDV where: g total pressurs
2K K
Up = —2) 2 -1 and p = statlc pressure
K - l pp’ pp . .

R
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U, .can be caloculated from TUp-equation assuming
that there 18 no loss of energy between the two pcints
of observatlon, and that the density ls changing
adlabatlcally with the statlc pressure. Assuming that
the prcssure at the point 2 1s equal to PD, we obtaln:

EE=-+_K.P_D.
2 K-1 Pp 2 XK=1P,

N'O
1
‘O
g
o
o [P
N
<
N

r R-1 | _
2 g\ K jo! P
U2 = K Kl _BI _.E - ]_l + 2.K _E - D !
U
Py
T k-1 K11
X P. K
/22 Pp|/8) " . D
K=-1pp|\Pp Py
Therefore, the drag is:
r .
e &
- p\// - 1<) [Fofe (*”_D) -1
1 - "
‘( - 1 \ N A P
. .
K-1 K-1
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p
.V must now f£ind an expression for the ratilo pl-
D

With a constant alr flow impeded by the drag but
devoid of the loss of haat, the totel energy remains
unchanged. Instead of a dissipation of ensrgy, there
occurs 1lts transformation; a retardation of the air
along the surface of the wlng produces a transformation
of energy of motlon into heat.

. Without mekling any ccnsiderablé error 1t may be
assumed that there does not'succur any loss of heat.
Therefore, the energy squetloun between sectlona D and P
can be wrltten thus:

2 2
U P T
2L , K D K :pP.
Therefore:
3. .
Up”Pp . K
Pp 2 K-1°
2 .
Pp U__I_J__p . X
2 DT F1rD
K=l °~
g\ K
p (——P-_) -l)+p
- PPy P
Rel |
(29) i
Pp ?.;) =l P

11
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When this wvalue 1s introduced into the formula
for drag we obtaln:

\ -

L K-1 E-1 K-1

- g K g pD K gDT
“-’=bf %1 Pr (32) +19\/(z By
N : P ) \_D D

)6 )

Drag coefficlent cdn be uhen determined from the
dynamlc pressurs for any given velocity Up and area

of ths wing F = bl by fornmula

W

e
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Figs. 2-4 NACA TM No. 1168

Suction slit at 70% of the chord.

Figure 2.- Cross-section of the wing used for air-flow observations.

Suction slit at 70% of the chord.

Figure 3.- Wing cross-section for measuring wake,
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Fieure 4.~ Wing with longitudinal slits.
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C =0
QE
i‘i C 0024
H Qg
C_. =.0049
QR

air flow direction — —————mF

Figure 5.- Wing with a suction slit at 70% of the chord, M = 95,
The suction refers only to one side of the profile. An arrow
on the picture shows the position of the suction-slit.







Fig. 6

C =.0049

Figure 6.- Wing with a suction slit at 30% of the chord, M = 95.
The suction refers only to one side of the wing. Arrow on
Schlieren picture indicates the position of the slit. Distance

S indicates the shift of the second shock wave produced by
suction.
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Figs. 7,8

wing with slanting slits at 0.83 1 ¢
- -
— R ™ —
wing with slanting slits at 0.70 ! =
=
wing with longitudinal slits
[ S——
0 W1 —-GQ 202
M=208
:1\.//—-0\
005 AT
1\‘
0 1 —G apz

Figures 7 and 8.

Variation of drag coefficient with different position of suction slit.

*Translator’s note:

*3 1is the length of the wing~chord.
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